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By Thomas G. Piercy

SUMMARY

Typical effects of flow distortions on turbojet-engine performence
ere reviewed for the sake of completeness. Primarily, however, means
are sought to reduce the distortions entering the compressor.

Flow distortions enterlng the compressor may be reduced by reducing
the distortion entering the inlet diffuser and by improving the amount
of mixing that generally occurs in the subsonic diffuser. Sources of
distortion in the supersonic inlet are enumersted and steps are sug-
gested that might be taken to reduce their effects. Also, parsmeters
affecting the mixing of these distorted flows in the subsonic diffuser
are discussed. ) -

INTRODUCTION

The performance of many current subsonic and trensonic airplanes
has been reduced to some extent by the presence of nonuniform flow at
the compressor of the turbojet engine. These flow distortions are char-
scterized by variastions 1in the velocity or total pressure of the air
entering the compressor and are usually expresesed either as the maximum
varigtion in wvelocity AV or total pressure AP divided by a reference
velocity or pressure.

Typical effects of distortion on turbojet engine performance are
discussed for completeness. It is evident that these flow distortions
must be held 0 & minimum, and applicable factors are discussed. Sources
of distortion in the supersonic inlet are enumerated and steps are sug-
gested vhich might be taken to reduce their effects. In addition param-
eters affecting the damping out of these flow distortions in the sub-
sonic diffuser are discussed. '
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SYMBOLS
The following symbols are used in this report:
D dlameter of constant-area straight section
Dh hydraulic dlsmeter of inlet threat
Hy inlet~throat height

h/S paranmeter defining amount of external boundary layer removed

L length of subsonile diffuser

1 length of constant-area straight section

M Mach number

m mass flow

P total pressure

AP difference between maximum and minilmum values of total pressure

as measured by rake
Ap static-pressure increment
q dynsmic pressure
v* gtagnation speed of sound

AV difference between maximum and minimum velocitiles

& boundary-layer thickness
Gc cone half-angle
Subscripts:

av average

b annulus

0 free stream
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EFFECT OF DISTORTIONS ON ERGINE PERFORMANCE

The penalty of flow distortion on engine performance is dependent
upon the particular engine under consideration and upon the type of fiow
distortion (that is, whether the flow varies radiaslly between the com-
pressor hub and blade tip, or varies circumferentially around the com-
pressor ennulus, or, as is the usual case, whether the flow has compon-
ents of both radisl and circumferentisl distortion). Also the magnitude
and extent of the flow distortion affects engine performance. Therefore,
in the following discussion, some of the poesible effects of distortion
on engine performance will be discussed. It should be understood that
any given engine-duct combination masy not suffer from all of the observed
effects; on the other hand no engine-duct combination has been found
immine from ell of these effects.

A typical effect of circumferential dlstortion is shown in figure 1.
When cilrcumferential distortion enters the compressor, the distortion,
although reduced in magnitude, persists through the last compressor
stage. Temperature gradients then exist at the turbine as the result of
clrcumferential variation in the fuel-air ratio caused by the distorted
eir flow. Although the turbine rotor feels only the average temperature,
the turbine stator at some point is subjected to higher than the average
temperatures. In order to prevent failure of the stator due to over-

"heatling, the average turbine temperature mst be reduced (refs. 1 to 3}.

The amount of necessary turbine-temperature reduction for several
engines is shown in figure 1 as a function of the entering total-pressure
distortion. Reducing the turbine temperature as required results in the
indlcated net thrust losses. These reductions in engine thrust can
emount to as much ag 1 percent for each 2 percent of total-pressure
distortion.

Another effect of flow distortion is that of reducing the stall
margin of the compresgsor. Thils effect is 1llustrated in fligure 2 for
two typical engines. Compressor pressure ratio is plotted as & function
of the corrected engine speed. The presence of radial distortion lowered
the compressor surge limit line in comparlson with the steady-state oper-
ating line and caused the rotating stall region to move to higher cor-
rected engine speeds (fig. 2(a)). (See, for example, refs. 1 and 3.)
Lowering of the surge limit line reduces the ascceleratlon margin of the
compressor. Movement of the roteting stall reglon to higher corrected
engine speeds indlcates that the maximum flight speed at altitude may
be reduced by the occurrence of rotating stall.

The presence of circumferential distortion for another typical en-
gine again lowered the compressor surge limit 1ine (fig. 2(b)). The
acceleration mergin of the compressor is again reduced. For digtortions

‘'of the order of 32 percent, the maximum possible corrected engine speed
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is about 108 percent. Hence, the cruilsing speed of the ailrplane can be
affected by the occurrence of large circumferentisl distortions.

Another typlcel effect of flow distortion is the reduection of mexi-
mum altitude due to compressor surge (for example, ref. 1). An example
of this effect 1s presented in figure 3.  Altitude is plotted =28 a funec-
tion of the compressor speed. With uniform flow at the compressor, a
maximum altitude of ebout 62,000 feet was achieved. This limit is pri-
marily a result of Reynoclds number effect. At the higher compressor
speeds, the altitude was limited by the maximum turbine-outlet
temperature.

When circumferential distortion was introduced into the compressor,
the maximum altitude was reduced to as low as 47,000 feet. Although the
distortion level was about 20 percent for bhoth cases presented, quite
different effects on the altitude limits were observed. The greatest
reduction in altitude occurred with the extended clrcumferentlial dis-
tortion rather than the localized distortion. In order toc get the com-
pressure out of surge for these cages, a drop in altitude to 35,000 feet
was necessary.

Finally, distortion increases the stresses and vibrations of the
compressor and may reduce engine cyclic efficiencies (ref. 1 to 3).

In order to reduce these performance penaltles to a minimum, it 1s
essential that the air inlet produce as low a distortion at the compres-
gor face as possible. '

DISTORTION PRODUCED IN SUPERSONIC INLETS

Intuitively, the distortion existing at the exlt of the subsoniec
diffuser might be sald to depend upon the amount of distortion entering
the Inlet throat, upon the existence of additional sources of distortion
within the inlet, and upon the smount of mixing, or damping, of these
distortions in the subsonic diffuser.

Mixing in Subsonic Diffuser

The amount of mixing that takes place in the subsonic diffuser is
known to be a function of the length of the diffuser. For example, the
total-pressure distortions at the diffuser exlt of a variety of side-
inlet types and for Mach numbers ranging from 1.5 to 3.0 are presented
in figure 4(a) as a function of the ratio of diffuser length L to
throat hydraulic diameter Dy. The data polnts represent the distortion
for elther critical or engine-inlet matching conditions. These distor-
tions were obtained from the data of references 4 to 10 and from various
unpublished data.

faptn
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Although there is considerable scatter of the data, there is & def-
inite trend of lower distortlons with increased diffuser length. This
scatter is due, in part, to the difference of distortion existing at the
inlet throat, a factor which is coneidered in the section Distortion at
Inlet Throat. Also, part of the scatter is due to the difference in
average Mach number of the ducte. For example, when mixing takes place
in a straight duct of constant area at a constant Mach number (ref. 11),
as shown in figure 4(b), a smooth curve, similar to that sketched in
through the data points, results, although the parameters L/bh and I/D
are not gtriectly comparable.

The effect of average Mach number on mixing is conslidered in flg-
ure 5. In figure 5(a), the theoretical variation of the velocity dis-
tortion is plotted as a function of the average flow Mach number for
three values of totsl-pressure distortion. In this example, velocilty
distortion is arbitrarily defined as the difference between the maximum
and minimim veloeity AV divided by s constant velocity, in this case
the stagnation speed of sound V¥*. At the lower Mach numbers the veloc-
ity distortion increases for a given level of total-pressure distortion.
Thus, increased mixing may be expected to occur in & duct at the lower
flow Mach numbers.

Also, for a given average Mach number, the velocity distortion de-
creases as the total-pressure distortion decreases. Thus, the decrease
of distortion by mixing is proportional to the distortion. For example,
the mixing that occurs in a stralght duct of constant area at a given
flow Mach number would tend to decrease the total-pressure distortion
asymptotically toward some minimum value., There are gome indications
that this minimum value is probably that determined by the flow profile
for fully developed pipe Fflow and would increase as the Mach number
inereases.

To illustrate some of these effects, total-pressure distortions
measured in a constant-area duct at flow Mach numbers of 0.20 and 0.37
are presented in figure 5(b). At the lower Mach number, distortion de-
creages fairly rapidly through mixing. However, the distortion de-
creages less raplidly at the higher Mach number beceuse of both the de-
creased rate of mixing and the decreased residence time in any given
length of duct. The lowest value of distortion thet could be expected
with longer mixing lengths would be about 2 percent at the flow Mach
number 0.2 and about 7.5 percent at Mach number 0.37 based on & fully
developed turbulent profile. A3l dilstortions hereinafter are presented
in terms of total-pressure rather than velocity.

The amount of mixling that occurs in the inlet subsonic diffuser
will depend upon the average Mach number of the duct, inasmuch as the
flow is diffused from a relatively high Mach number st the inlet throet
to a lower Mach number at the diffuser exit. An example of the
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importance of low average Mach numbers in the diffuser duct is presented
in filgure 6. The distortion at the diffuser exlt for critical inlet
operation is plotted againgt free-stream Mach number for twoc nose-inlet
models which were identical with the exception that the cowl and center-
body surfaces were altered to give different rates of initlal area ex-
pangion at the inlet lip. These data, although not published, were ob-
tained from the investigations of references 12 and 13.

Although the distortion et the inlet throat was identical for both
models, the model with 12 percent initial area expansion per inlet-
throat hydraulic diameter had lower distortion at the diffuser exit than
the model with the smaller area expasnsion. The two models discharged at
the same Mach number and, of course, had the same Mach number at the in-
let 1ip. The variation of Mach number through the ducts, however, was
different because of the change in initial area expansion. The model
with the larger area expansion diffused more rapidly, giving a lower
average duct Mach number. Thus, the lower distortion is believed to be
the result of more efficient mixing in the subsonic diffuser.

There is evlidence from these same data that constant-area throat
inlets, which have proven desirable in some caseg from stability con-
sideratlions, and Internal contraction inlets, which promote low cowl
drags, will have higher distortlons as the result of reduced mixing.
From figure 6, mixing is promoted by rapidly expanding the diffuser
duct. Carrying this concept & little further, lower distortlions ap-
parently could be produced by overexpanding the diffuser duct area to
provide low Mach numbere to increase the mixing. The flow could then
be rapidly accelerated at the diffuser exit to the desired Mach number.
This concept is feasible inasmich as the use of rapid acceleration will,
of itself, reduce distortion. Flow scceleration has been known for
some time to achieve more nearly uniform flow at the throats of subsonic
wind tunnels. An example of rapld flow acceleration at the diffuser exit
is shown in figure 7. Total-pressure distortions were measured in a
constant-ares straight duct wlth and without the benefit of rapid accel-~
ergtion. Acceleration from Mach number 0.37 to 0.50 in the annulus
was provided by a hub simulating the accessory housing of the turbojet
engine. Insertion of the hub decreased the total-pressure dlstortion
from about 16 to about 12 percent at the end of the stralght section
wlth essentially no loss in total-pressure recovery.

Forced Mixing Devices

The use of freely rotating blade rows to reduce flow distortion at
low flow velocities 1is reported in reference 14. The use of such blade
rows hasg since been investigated theoretically and the results have
appeared promising in that distortion reduction can be achieved with
little or no total-pressure loss. Such a blade 1s free wheeling at a

4011



TTO0%

NACA RM E55I19 o 7

speed determined by the blade angle and aversge axial Mach number and
reduces distortion by acting as a turbine in the higher than average
velocity flow and as & compressor in the low veloclty flow. The blade
row then transfers energy to the low velocity region with no net work
except for that required to overcome bearing friction. A model of the
freely rotatipng blade-row apparstus has been built and tested, and the
results are presented in figure 8. These data were obtalned from un-
published tests. A blade row and a row of stralghtener vanes were
mounted on a hub in a straight duct. Distortion was introduced by
throttling the duet flow scross screens placed in a portion of the for-
ward duct. The distortion in the annulus at B was then measured and
plotted as & function of the distortion at A ahead of the hub. The
variation of the Mach number in the annulus due to the throttling is
elso plotted on the abscissa.

The distortion in the arnulus is lower than that shead of the hub
for any point below the slanted line through the origln of coordinates.
When circumferential distortion was introduced, some distorition reduc-
tion was achieved without the benefit of the blade row. This reduction
was the result of the flow acceleration provided by the hub and was not
affected by the row of flow strailghteners. When the blade row was added,
the distortion in the annulus was further reduced. When radial rather
than circumferential distortion was introduced, sbout the same distor-
tion reduction was achieved across the blade row. At an annulus Mach
number of 0.5, the total-pressure distortion was reduced from 25.5 to
15 percent across the blade row. For this reduction in distortion the
total-pressure loss was about 2.5 percent.

Screens have also been used as forced mixing devices (for example,
refs. 15 to 17). An example of their use is shown in figure 9. The
total-pressure distortion was measured behind screens of verylng solid-
ity, that is, the blockage srea of the screén expressed as a percentage
of the duect cross-sectional area. Two typical applications are consid-~
ered; the curve for the lower Mach number 0,20 is representative of a
ram-jet application, whereas that for the higher Mach number 0.50 is
more typical of the diffuser dischsrge Mach number of a present-day tur-
bojet engine; the Mach number ashead of the screens was about 0.20 and
0.37, reepectively. For both casesg, increasing the screen blockage re-
duced the distortion. However, there is a limit to the amount of screen
blockage that may be added with no choking at the screens. With chok-
ing, of course, inlet mass flow would be reduced.

The total-pressure loss across the screens. is plotted agein as a
function of the screen solidity (fig. 9(b)). At a solidity of 30 per-
cent, the total-pressure loss wes 2 percent at the low average Mach number
and about 8 percent at the higher Mach number. In terms of the static-
pressure lncrement divided by the upstream dynamic pressure Ap/q, these
losses were about 0.75 and 1.50, respectively, for the 30 percent block-
age screen.
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In order to propel future aircraft to higher supersonic speeds,
higher weight-flow turbojet engines wilill be required. For such englnes
the diffuser dischaerge Mach numbers will be of the order of 0.6 or even
higher over portions of the flight range. Hence, mixing in the subsonic
diffuser will probably be reduced. Forced mixing devices will be used
with caution inasmuch as higher total-pressure losses have been indicated
at higher duct Mach numbers. For such configurations, the distortion
entering the inlet throat must be kept to a minimum.

Digstortion at Inlet Throat

Digtortion at the inlet throat is caused primarily by nonuniform
compression. ©Some of the origins of these distortions are examined and
the resulting distortions at the diffuser exit are presented in figures
10 to 12.

The total-pressure variation across the inlet throat wes determined
for the full-scale J34 nose inlet at Mach number 1.8 (fig. 10). These
data were obtalned from unpublished data related to reference 18. Total-
pressure profiles at the inlet throat are presemted as & function of in-
let mass-flow ratic. For the indicated configuration, a vortex sheet
originating at the intersection of the obligue and normal shocks enters
the inlet throat for values of mass flow less than the critical value.
Theoretically, the air entering the inlet next to the cowl will be at a
pressure recovery of about 81 percent, whereas the ailr below the vortex
sheet 1s at a pressure recovery of about 96 percent. As indicated, the
measured total pressures across the vortex sheet agreed quite well with
the theoretical values. As the mass flow was reduced, the vortex sheet
progressed farther toward the cone surface.

The distortion at the inlet throat was determined from these pro-
files bhetween the 1Indicated limits to eliminate the effects on the
boundary layer and the results are presented in figure 11. As the mass
flow was reduced, inlet distortion increased because of farther entry
of the vortex sheet. Presented for comperison is the distortion meas-
ured at the diffuser exit. As the inlet mass flow was reduced, the exit
distortion increased corresponding to the increase of distortion at the
inlet throat. However, as the mass flow was reduced, the average Mach
number of the flow through the diffuser decreaged. Hence, at the lower
mess-flow ratios the distortion at the diffuser exit decreased hecause
of increased mixing, although the inlet distortion remained high.

The entrance of the vortex sheet, then, increases the distortion
level of the diffuser. By delaylng entry of the vortex sheet, lower
distortions can be achieved. This may be done, for example, by posi-
tioning the oblique shock ahead of the inlet lip so that the vortex
sheet will pass around the inlet for suberitical inlet operation rather

4011
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than into the inlet. With variable-geometry inlets having internal con-
traction sufficient to choke the lnlet, the entry of a vortex sheet is
unavoideble end, as a result, the dilstortion entering the inlet is apt
to be large. Moreover, mixing in the sgubsonic diffuser of inlets with
internal contraction will probebly be reduced because of the higher
Inlet-throat Mach numbers.

Another example of nonuniform compression is that occurring at
angle of attack (fig. 12). The distortion was measured at the inlet
throat, at two intermediate positions, and &t the diffuser exit for the
full-scale J34 conilcal-nose inlet at Mach number 2.0 for critical inlet
operation.

Theoretically, at zero angle of attack, 3 to £&£ percent distortion
would be expected at the inlet throat because of the nature of the con-
ical flow field. Seven—percent distortion, however, was measured. The
higher distortion is due to boundary-layer effects which were not con-
sidered. BSimilarly, at an angle of sttack of 10°, nonuniform compres-
slon would be expected to yield inlet-throat distortions of the order
of 14 to 15 percent around the inlet-throat circumference. The actual
distortion measured, even at an angle of attack of 3°, was over twice
this theoretical shock velue, again because of shock-boundary-layer
interaction. Along the upper surface of the cone, the Mach number be-
hind the oblique shock was quite high because of the reduced compression.
The terminal shock was then strong enough to separste the compression
surface boundary layer and to increase the distortion.

As the flow traversed the diffuser, distortion decreased becsuse of
mixing. However, the mixing wes not sufficient to overcome the large
initial distortion, and the distortion increased at the diffuser exit
as angle of attack was lncreased.

At zero angle of attack, the distortion measured at the second
measuring station was larger than at the inlet throat. This increase
was due to separstion of the boundary layer from the centerbody surface
between the two measuring stations. Thus, sources of distorition exist
within the inlet. Separation, rapid duct turns, struts, and so forth
are all possible sources of distortion within the inlet.

In order to reduce the characteristic increase of distortion in
conical-noge inlets at angle of attack, such inlets must be shielded
from angle-of-attack effects. For example, the inlets could be located
beneath and behind the wings and close to the fuselage. Preliminary
test results indicate slso that alinement of the spike centerbody with
the free-stream direction reduces the nonuniform compression and hence
reduces distortion.
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Other inlet types may be required to reduce distortlon at angle of B
attack. For example, horizontal ramp inlets are less sensitive to angle -
of attack, inasmuch as changes in angle of atitack merely change the ef-
fective angle of compression.

The occurrence of shock-boundary-layer interaction was seen to have
an important effect on distortior in figure 12. This factor is examined
more closely Iin figure 13. The flow in the throat of a conical-nose in-
let for critical inlet operation et a Mach number of 1.8 was determlned
for a range of values of the conlcal compression angle 6. (ref. 18).

By varying the compression angle, the Mach number ahead of the terminal
shock was changed.

M1

The thickness of the compression surface boundary layer B express-
ed as a percentage of the inlet height H; 1is shown in figure 13(a).
Between cone angles of 30° and 250, the boundery-layer thickness changed
only from 3 to 4 percent of the inlet-duct height. For the 20° cone
half-angle, however, the boundary-layer thickness doubled because of
gseparation at the terminal shock. The occurrence of this separation
had been predicted theoretically on the basis of the static-pressure
rise across the terminal shock.

The distortion at the inlet thrioat is plotted as a function of the
cone half-angle (fig. 13(b}). Although the distortion did not change -
for the higher cone angles, the distortion increased considerably for
the separated flow case at & cone half-angle of 20°.

The distortion measured at the diffuser exit is again plotted for
comparison. As the cone half-angle was decreased from 30° to 259, the
average-flow Mach pumber of the duct decrezsed as a result of the re-
duced throat Mach numbers, and the exit distortion decreased slthough
the distortion at the throat remained gbout the same. At 6, of 20°,
the increased mixing could not overcome the high initial distortion,
and the distortion st the exit increased somewhat.

Suiltable control of the compresslon-surface boundary layer would
be expected to reduce these separation effects. For example, in fig-
ure 14 a typical ramp side lnlet had provisions for both external and
internal boundary-layer removel. With no external removal, the distor-
tion at the diffuser exit varled between 40 and asbout 63 percent for
critical inlet operation. By moving the inlet out of the boundary
layer, the distortion was progressively decreased until, for complete
external removal, the distortion was in the 15 to 19 percent level.

The lowest distortion was measured when internal boundary-layer re-
moval was used in conjunction with externsl removal. TFor these cases,
the distortion was reduced to a more accepteble level of 7 to 10 per-
cent. Thus, sultable removal of the boundary layer with slde inlets 1is
essential not only from the standpoint of Increasing the pressure re-
covery but algo of decreasing the distortion.

VO
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CONCLUDING REMARKS

Distortion at the compressor can be reduced by reducing the dis-
tortion entering the Iinlet throat, by eliminating internal sources of
distortion, and by improving the mixing in the subsonic diffuser.

The distortion that exists at the inlet throat is primerily a re-
sult of nonuniform compression and may result from the entrance of the
vortex sheet, operation at angle of attsck, shock-boundary-layer inter-
action, or combinations of these effects. A few steps can obviously be
taken to reduce these sources of distortions. For example, entrance of
the vortex sheet can be delayed by positioning obligue shocks ahead of
the inlet 1ip. Shoek-boundary-layer intersctlon can be controlled %o
some extent by the use of boundary-layer control such as compression
surface bleed.

With conicel-noge lnlets, large distortions at angle of attack are
indicated. Tow dlstortions can be achieved only by shielding such in-
lets from angle of attack. Other than conical compresgsion inlets may
be required to reduce angle-of-attack effects. For example, horizontal
ramp inlets are less sensitive to angle of attack.

The mixing of distorted flows in the subsonic diffuser 1s primasrily
a function of the length and the average Mach number of the duct. Addi-
tional mixing can be obtained with forced mixing devices but generslly
at the expense of pressure recovery and welight. Thls brief review of
the problem would indicate that severe digtortlion problems can be ex-
pected in the future with hligh compression inlets and high weight-flow
engines required for flight at the higher supersonic speeds. With such
configuretions the average duct Mach number will be high and little mix-
ing will occur in the subsonic diffuser. The flow distortion entering
the iniets must thus be kept tc a minimum, and sources of distortion
within the inlet must be eliminated. No gimple solution to the distor-
tion problem is currently evident. Satlsfactory duct-engline combina-
tions will require careful attention to detail and perhaps compromises
in both the airframe and the engine designs.

Lewis Flight Propulsion Laboratory

Nationsl Advisory Committee for Aeronautics
Cleveland, Ohio, November 1, 1955
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